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C-mICS Dp TO LARGE AXGLES OF SIDESLIP 

The results of the tests Indicated that the  -ventral fin did not 
produce as much yawing moment  per unit of exposed area at any angle of 
sideslip as the vertical tail. There were no important effects of side- 
s l i p  or of the ventral fins on the  longitudinal  characteristics. 

One of the problems facing designers of high-performance airplanes 
is  the  prevention of &raptly  divergent motions 09 the airplane in a 
roll ing maneuver.  The problem has been analyzed In reference I where it 
was shown that roll-induced  instability nright occur i f  the roll ing f’re- 
quency exceed8 the lower of the pLtchsng and yawing natural  frequencies of 
the normobling airplane, One of the  airplanes Fn which t h i s  coupled motion 
has been experienced LE a triangubx-wing  airplane similar t o  the model. 
described i n  reference 2. The flight experience  with this airplane has 
been reported in reference 3. This -lane has most of the mass distrib- 
uted  lengthwise Kithin i t s  fueelage and has low dtrectional stabil i ty,  
both of which cause low values of yawing natural frequency and thus 
rest r ic t   the  rate of r o l l  which may be used safely 8 maneuver. 

The triangular-wing  airplane mudel of reference 2 was theref o r e  
d selected for studies of a ventral fin, which wa6 lntended as a device 

“-- 
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t o  improve the  stability  characteristics of the  airplane in a roll ing 
maneuver. It w a s  anticipated that the fin would have an increasing con- 
tr ibution  to  the  directional  stabil i ty v i t h  increaeing  angle of sideslip 
but would have l i t t l e   e f f e c t  on the aerodynamic characteristics a t  small 
angles of sideslip. The resulting  increase in the ya-g natural  fre- 
quency of the nonrolling airplane as the  sideslip angle is  increased 
would be expected t o  increase  .the r o l l  ra te  at which large  divergencies 
in   s ides l ip  would be experienced..  The effect of the ventral f in  on the 
coupled motion was studied by  computing the response t o  steady roll ing 
of the  airplane  free t o  pitch and yaw. 

Other objectives of the  tes ts  were t o  extend the data.on the   la teral  
and longitudinal  characteristics of the model of reference 2 t o  large 
angles of aideslip, and to  f ind  the  effect  of sideslip on the  directional 
s tab i l i ty  and damping Fn yaw measured during an oscillatory motion. The 
t e a t s  were conducted in   t he  Ames 12-foot  presaure wind tunnel a t  Mach 
numbers up t o  0.94 and Reynolds Illzmbers up t o  4.9 million. 

NOTATION 

The forces and moments  on the model are  referred  to  the stability 
s y s t e m  of axes sham in figure 1. The coefficients are defined a8 follawe: 

CL l i f t  coefficient, 
lift 

1. pv=s 
2 

pitching-moment coefficient, 2.. . itch- moment 
1 - - -  - - pv=sn 

yawlng-moment coefficient, 
yawing moment 

side-force  coefficient, side  force 

Y 
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c2 rolling-moment coefficient, 
rol- moment 

2 pv2sb 2 

The additional symbols us& are defhed as follows: 

b span 

C wing chord 

E mean aeroaynamic chord 

M free-stream M8ch nmber 

9 pitching angular velocity 

r yawing angular velocity 

R Reynolds number, based on wing mean aerodynamic chord 

s wsng mea 
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V free-stream  velocity 

angle of attack, deg U 

d 

B 

B 
P 

time r a t e  of change of angle of attack 

angle of sideslip, deg 

time rate of change of angle of sideslip 

air density 

Details of the model  geametry are given -In the three-view drawing 
of figure 2 and in   t ab le  I. The model i s  more fully described in refer- 
ence 2. I n  the  present  investigation  provision was made t o  mount ventral 
fins e i ther   in   the  plane of symmetry or in planes 40' from the  plane of 
symmetry. Fins of several  sizes and shapes were tested, w5th the emphasis 
of this report placed on the f in  shown in  figure 2 

For static-force  tests,   the model was mounted on a four-ccanponent 
strain-gage  balance enclosed by the model  body.  The balance w a ~  supported 
by a 4-inch-diameter EFEing, which could  be  deflected in a vertical  plane, 
permitting  variations Tn angle of attack (winga horizontal) or in angle 
of sideslip (ulngs vertical).  Stings  bent at various  angles in  the  hori-  
zontal  plane w e r e  used t o   a t t a i n  varioua combinations of the  angles of 
attack and sideallp. The angle i n  the  vertical  plane was indicated by a 
pendulm-t;ype instrument mounted in the model body. A photograph of the 
model mounted i n  the wind tunnel i s  s h m  Fn figure 3.  

For oaciUticm  tes ts ,   the  model was mounted on 8 single-degree-of- 
freedom oscillatory  apparatus  described Fn reference 2. Thie consiste 
of a mechanism  which produces an oscillation of the model and is inatru- 
mented t o  measure the damping and restoring moments  on the model. 

The major portion of the  investigation  consisted of yaxfng-moment ,  
rolling-manent, and side-force measurements with the model at an angle 
of attack of Oo, 6O, a*, or Bo. However, at theohighest t ea t  Mach 
number (0.94) the angle of attack was limited to 6 by choldn of the 
wind tunnel. The angle of sideslip m s  varied from -8O t o  18 . The 
Reynolds number  for"bb3.s aeries of t e s t s  wae 2.7 million at a Mach number 
of 0.25, and 1.5 million at Mach numbers of 0.80, 0.90, and 0.94. The 

" 
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model was tested  with  various combinations of the wing, the  ventral fin, 

force measurements were made at a higher Reynolds rider (4.9 millfon) 
a t  8 Mach  nrndber  of 0.46. For these  tests  the  variables were size, shape, 

the  longitudinal  characteristics of the model at sideslip  angles up t o  18'. 

- the w i n g  fences, and the  body-tail assembly. A limited number  of static- 

. and position of the  ventral  fin.  Tests were also conducted t o  determine 

In another series of tests,   the m o d e l  was oscillated in yaw at fre- 
quencies of from 6 t o  7 cyclee  pcr second, and m e a s u r e m e n t s  were made of 
the static directional  stabiUty and the damping in  yaw. These tes t s  
were made at 0' angle of attack  with a variation in sideslip angle. The 
sidesup angle was limited a t  the higher Mach nmibers by static  deflection 
of the  flexure  pivots won which the m o d e l  was mounted. Testing was 
terminated when it was impossible t o  maintain an osci l la t ion  aql l tude 
of approximately 1.5O. The Reynolds numbers and Mach numbers duplicated 
those of the major series of static-force tests. The configuration 
changes w e r e  limited to  the  addition of the  ventral  fin t o  the wing-body- 
t a i l  assembly. 

COFEECC'IONS TO DATA 

.I Par the longitudbal data, corrections were made to  the  angle of 
attack and t o  the drag coefficient t o  compensate for the induced effects 
of  the  tunnel walls. The values, comprttea by the nethod of reference 4, 
were: 

N o  effort w a s  made t o  m o d l f y  the  correction  for  the  off-center  position 
of the model in  the  tunnel. 

The stated angle of attack for the   la teral  data, which w e r e  obtained 
with  sideslip as a variable, I s  equal t o  the sting bend angle. A cali-  
bration of the  sting and i t s  support indfcated  deflections of the order 
of 0.3O for  the mEudmum load mosed during the  wind-tmnel tests. Hence, 
the  stated angle of attack  for-the  lateral   data may be in error by a8 
much as 0.5O when the  sting  deflection and tunnel-wdl corrections  are 
taken into account. 

The data w e r e  corrected by the method of reference 5 to   take account 
of the  effects of constriction due t o  the tunnel w a l l e ,  This correction 

t e s t  Mach  nmnber of 0.94. 
. amounted to   l e s s  than 2 percent of the dynamic pressure at  the  highest 
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The drag data were adjusted t o  correspond t o  those of a model with 
a base pressure  equal t o  free-stream s t a t i c   p r e s w e ,  

DISCUSSION 

Experimental Results 

The results of preliminary tests conducted for  purposes of selecting 
a ventral f in for  M h e r  study are presented i n  figure 4. These remlts 
revealed that  all of the fFns produced the  desired shape of the curve of 
yax-dng moment due to   t he  fin versus  sideslip,  but that the  departure from 
linearity and the  resultant change i n  yawing-moment coefficient in each 
case was small. The largest of the four fins was selected for further 
study. This f i n  provided m o r e  yswlng moment per d t  of exposed area 
than my of the  others.  Test  results  (not  presented) showed that two 
fins placed kOo frm the  plane of w e t r y  were leas  effective  than a 
single fin having the sane plan form placed in   t he  plane of symmetry. 

The results of yawing-mament measurements with  the f in  on and with 
the   f i n  removed are  presented in  f igure 5. Sirnilar resul ts  obtaSned 
with  the w i n g  removed are presented in figure 6. It may be noted that 
these  data  indicate  the model t o  be somewhat asynrmetrical. This aeymmetry 
was found t o  be the result of a 8I.igh-b bend, o r  perhaps warpage,  of the 
vertical  tai l .  This asymmetry did not exist during the t e s t e  reported 
in reference 2. The net yawTng moment due to   the  ventral fin for Mach 
numbers up t o  0.94 is  avumarized €n figure 7. These data indicate 
the  effect of the   f in  t o  be  approldmately the s ~ m e  for  a l l  =&ea of 
attack and Mach  numbers men the wing was cm. Camparison of these  data 
(R = 2 . p l O 6  a t  M = 0.25 and l L . 5 X l @  at M = 0.80 t o  0.94) uith  those of 
f l w e  4 (R = 4.9XlO6) Fndfcates the  effect of Reynolds number between 
1.5 and 4.9 million t o  be amall. Removing the wing generally increased 
the  effectivenew of the fins at all but the highest  angle of attack. 

The data with  the ta i l  removed presented i n  reference 2 w e r e  used 
as a base from which t o  canpare the increment ix yawing moment due t o  
the  vertical  t a i l  and that  dug to the  ventral  fin. The comparison was 
made for 10' of 'sideslip at 6 angle of attack at a Mach number of 0.80 
It was found that with the w3ng on, the fin was roughly 40 percent as 
effective  per unit of exposed area as the  vertical  ta l l  i n  producing 
yawing moment.  When the wfng was rqnwed, the  veptral  fin,.  per  unft of 
area, was 90 percent as effective as the  vertical  tai l .  A t  higher angles 
of siaeslip,   this comparison i s  more favorable to   the  ventral  fin since 
i t s  effectiveness  increases  with  increasing  sideslip, whereas that  Of 
the  vertical  tail decrwses . For exazqple, at 16O of sideslip,  the fin 
was about 50 percent as effective  per  unit area as the vertical t a i l  
when the wing was on and about 150 percent when the wing was removed. 

" 

? 
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It was assumed for purposes of making the  camprison that the  variations 
of  yawing-mment coefficient  wlth  sideslip for the body-- carhination 
and for  the body alone were identical and linear. Data presentea in 
reference 2 for 6 O  angle of attack  indicate  these assumptions to be 
reasonable. 

- 

The ventral f in campares  more favorably  with  the  vertical tai l  when 
the wing i s  remmed for two reasons. The first of these fs the  favorable 
Fnterf  erence effect of the wing which  improves the  effectiveness of the 
vertical  tail by reducing the sidewash at the  ver t ical   ta i l .  The second 
i s  that a large p& of the ya*g mcment due to   t he   f i n  depends on i ts  
Bpoiling effect on the flow on the  lee  side of the  fusehge. When a 
surface, such &a a WLng or horizontal   tai l ,  i s  placed above the  ventral 
fFn, the area over which this  effect  will &st will be limited. It 
would appeas, therefore, that a ventral   f in  would be most advantageous 
on airplane  configmations whfch have no horizontal  surfaces mounted on 
the  fuselage near the fin. 

The measured directional  stability due t o  the fins i s  seen In fig- 
ure 8 to have approldmately the same value from oscillatory tests   as  

taken as  the average over a  range of sideslip angles extending 1.5O on 
either  side of the specified sidesup angle. "his is approximately the 
amplitude of the yaxing oscillation employed during the oscillation 
tests . )  Measurements of the damgfng fn yaw indicate no significant 
effect of the  ventral fin on t h i s  p-eter (see fig.  9) . It should be . 
noted. that the model bad a large a&mt of directional  instability  wtth 
its t a i l  remaved (see ref. 2), so that   the fin contribution was only a 
minute proportton of the tail contribution t o  the  directimal  stabil i ty.  
Thus, the  contribution of the fFn t o  the damping in yaw w o u l d  also be 
expected t o  be extrmly small. 

- from s ta t ic   t es t s ,  (The value Of C for the   s ta t ic   tes t   resul ts  was ne 
* 

The dihedral  effect was increased slightly (i.e., the ra te  of  change 
of Cz with f3 was made mre negative) by the fin at 8naU angles of 
attack  as is i l lust rated in  figure 10. This change i s  in the  opposite 
sense to that  which would be expect& f r c a n  a f in  mounted on the lower 
side of the  fuselage. Apparent ly ,  the  action of the  ffn i n  spoiling  the 
flaw mer the  lee  side of the  fuselage a lso  reduced the  pressures over 
the lower surface of the inner p a r t  of the Lee XFng panel. A t  hi&- 
angles of atteck,  the  rollfng moment caused by this  effect  W ~ L I  equal to 
or smaller than the  roll ing moment contributed by direct  forces on the fin. 

The effect of the  ventral fin on the  side-force  coefficient is shown 
in figure U. As would be anticipated frcm the yawing-moment results, 

I addition of the fFns  caused very l i t t l e  change i n  side  force. 

The longitudinal.  characteristics,  presented i n  figure 12, were l i t t l e  - affected by the ventral fin or by Bo of sideslip 
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During t h e   c m a e  of the Investigation, it was noted that large non- 
linear  variations of rolling moment  with sideslip occurred at an angle 
of attack of l 2 O  at Mach numbers of 0.80 and 0.90. (See figs. I O ( b )  
and lO(c).) A reduction of directional  stability a l so  occurred under 
these  conditions. (See figs. 5(b) and 5(c).) These nonlbemitiea were 
not detected  during  the  tests  regorted in  referslce 2 since  data were 
obtained f o r  sideslip  angles of only Oo and 60 a t  U0 angle of attack. 
The limited data of reference 2, however, do show that wing fences 
increase  the  dihedral  effect and improve the  directional  stability at 
this angle of attack, Further tests were made, therefore, to f ind  the  
effect of wing fences on the lateral characterfatics  at U0 angle of 
8-btack. The results  indicate that addition of the  fences  eliminated  the 
large  nonlinear w i a t i o n  of rolling moment with sideslip and incgeased 
the sgwlng moment due t o  sideslip at all sideslip  angles up t o  18 . 

Calculations of Airplane Response t o  Steady Rolling 

As noted previously, the  ventral fin i s  not so effective per unit 
of exposed area in proaucbg yawing moment as the  vertical tail. It 
wcruld seem, then, that the  use of a ventral fin to   a l leviate  inertial 
coupling would be limited t o  cases where it i s  impractical t o  enlarge 
the ver t ical   ta i l ,  !&e possible  effects of a ventral f ln (311 iner t ia l  
coupling were studied by calculating the response t o  steady roll- of 
e airplane  free  to  pitch and yaw. This response was calculated by 
applylng the Laplace transfamation t o  the  equations develaped by PBiUips 
i n  reference 1 f o r  a steadily rolUng  airplane. The use of the Laplace 
transformation t o  calculate  the motion of a r ig id  body f a  deecribed in 
reference 6 .  The final expressions for angle of attack and sideslip are 
given in the appendix. 

The use of two degree8 of freedom, rather than four, t o  describe the 
motion of a steadily rolling aircraft  involves  the  deletion of the terms 
containing normal force due t o  angle of attack and side force due t o  side- 
slip from the final expressions for angle of attack and angle of side- 
s l ip .  As noted i n  reference 7, deletion of these terms will change the 
damping of the system, but ell not c-e the  characteristics of the 
coupled motion. .. - - .. 

The calc-tions were made for an a1rp-e b o g  t~~n~ensions 13-1/3 
tfmes those of the model and having the asaumed mass and aeroaynamic 
characteristics  listed i n  table 11. The airplane was a s y e d  t o  be hi- 
t i a l l y  in  steady  level-flight at an angle of attack of 5.6 , a t  a Mach 
number of 0.8 and an dtitu.de of 40,000 feet. The nonlinear w i a t i o n  
of yawing-moment coefficient with sideslip angle was approximated xith 
linear segments as i l lustrated i n  figure 13. This required  three sepa- 
rate  computations f o r  each curve, the   in i t ia l  conditions f o r  each of the 
las t  two being those which prevailed a t  p = lo and f3 = go, respectively. 
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The linear s e m t  chosen for  p greater than 8' does not appmrfmate 
the experimental  data for  an angle of attack of 60. (See variations A 
and C in  f ig .  13.) The s l q e  of the curve for  these  sideslip  angles was 
reduced t o  a p p r o m t e   t h e  slope at &n angle of attack of Oo alnce it 
was found that the  angle of attack was approaching 0' by the t h e  the 
motion had progressed t o  &D. angle of sideslip much greater than 8Oo 

The maxLrmnn excursion Fn angle of attack and in  sfdealip 
for  each of the  calculated time histories for  360° of roll are 

sham in the low- part of figure 13. The results €ndicate that the 
fins reduced the peak excursion in sides7lp by about 20 percent and 
increased  the r o l l  ra te  for the peak excursion in sides'llp by abaut loo 
per second  (compare respanse for  variations A and 12). The caqutations 
w e r e  not extended t o  a ro l l  rate high enough t o  find the peak excursion 
in angle of attack,  but  the  reductions in the  angle of attack excureion 
f o r  a given r o l l  rate were as great aa 60. 

bax 

Canputations were also made f o r  a Iineaz variation of yam moment 
with sideslip for sideslip angles  greater  than lo (variations B and D i n  
fig. 13) t o  compare with  the other results  to  indicate  the  effect  of the 
decrease fn dLrectional a tabi l i ty  at high angles of SidesUp. For the 
case with the fins off  (curves A and €3 In fig. 131, considering a linear 
variation of yaning m(HILent with sideslip reduced the peak excursion Fn 
sideslip by sl ight ly  m e  than 20. The effect  for the case with the ffne 
an was t o  reduce the peak excursion in sides7lp by only lo, 

The results of wfnd-tunnel t e s t s  at subsonic speed have Shawn that, 
for  a triangular-wing airplane model, a ventral f i n  was not so effective 
per unit of exposed Etrea as a  vertical ta i l  Tn producfng gaKLng momeat  at 
any angle of sideslip up t o  18*. However, the  effectiveness of the f in  
was increased considerably when the wing xas removed, indicating that a 
ventral   f in  may be more effective on configurations  uhich have no hori- 
zontal  surfaces cloae en- to  fnterfere with the  f in* s spoi action 
on the flow around the  fuselage. Weither the ventral fin nor l8 of 
sideslip were found t o  have any important effect an the   s ta t ic  longltudfnal 
stabil i ty.  

Calculations were made of the response t o  s t e a d y  rolling during a 
360* roll of an airplane  free  to  pitch and to ;yaw, These calculations, 
which are for  a Mach number of 0.80 and an alt i tude of 40,000 feet, 
showed that a ventral fFn (with an area about 1/4 of the exposed taLl 
area) reduced the peak excursion in  sideslip by about 20 percent, The 
calculatlons also shuwed that the  large  reduction fn d3rectima.l stability 
which occurred a t  an angle of sideslip af about 8O caused only RmnIl 



increases i n  the peak excmsion during a 360' roll mer that  calmzlated 
for a -ear varfaticm of yawing moment with sideelip angle. 

Ames Aeronautical Laboratory 
N a t i o n a l  Advisory Canrmittee for  Aeronautics 

Moffett Field, Calif., Auguat 6, 1956 

. 
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The equations of motion for a steadily r o w  aircraf t  given by 
Phillips in reference I have been m o d i f i e d  to allow for  the Fnclusion of 
an initial ya- mQmMt and pitching mament.  The eqmtians, wkich are 
referred t o  a principal system of axes, axe as follows: 

The notation which is identical t o  that used in reference 1 is as . f ollaws : 

8 pitch  angle, radians (equivalent t o  angle of attack, a, f o r  system 
with two degrees of freedom) 

paw angle, radians (appro-tely equivalent t o  the negative of the 
angle of sidesup, -p) 

rp r o l l  angle, radians 

pa steady r o l l  rate, radiass/aec 

w8po nonrolling natural  pitch frequency, E, rmans/eec 
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%po nonrolling  natural y a w  frequency, E, r-s/sec 
F inertia factor, Ix - =Y 

% 

& intercept of curve of M vs, a a t .  a = 0 

No intercept of curve of N vs. p a t  p = 0 

where 

M pitching moment, f t - l b  

la yawing mamat, f t - lb  

% pitching moment due to pitch angle, - aM 
ae 

pitching mament  due t o  pitching  velocity, - aM 
ag 

IX m m e n t  of inertia abaut the r o l l  ax is  

Iy moment of inertia about the ppitch axis 

IZ mcnnent of inertia abaut the yaw &s 

( ) first derivative with respect t o  time 

(”) second derivative with respect t o  time 

( )o hitid conditions 

Equations (I) and (2) w e r e  modified by expressing time n0?1dimen8iOn- 
ally i n  terms of the frequency of the steady rolling motion. The calcu- 
lations necessary t o  compute the  airplane motions were then performed i n  
the manner indicated fn reference 6- It should be noted that, in  the 



method used, all of the roots of the stabi l i ty  q-ic a r e  assumed t o  be 
distinct. The solution of the equations for  pitch and yaw angle can be 
expressed as 

. 
- 

0 = Aleq x 1 + A2e@2 + A3eq13 + A4eph4 + 

where cp i s  the roll angle and An axe the roots of the  stabil i ty 
quartic Ah4 + Bh3 + ch2 + Dh + E = 0 given in  reference 1. 

The constants An and are  calculated a8 follows: 

The firth root in the transformed  equation ie zero and hence: 

When the  transient motion i s  stable,  the terms a4/E and b4/E correspond 
to the  steady-state  condition. 

The following equations were used to evaluate  the  constants  required 
to calculate An and h: 

A = l  



. 
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TABm I.- MODEL DIMENSIONS 
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~ Wing (basic plan Fora, leading and t ra i l ing  edges extending t a  vertex 
and t o  plane of symmetry) 

S p a n , b , f t  . . . . . . . . .  . . . . . .  . . . . .  . . . . .  2.86 
Area, S, sq f t  . . . . . . . . . . . . . . . . .-. . . . . . 3.72 
Mean aerodpmic chord, E ,  f t  . , . . . . . . . . . . . . . . 1.74 
Aspect ra t io  . . e .  . . . . . . . . . . . . . . . . . . . . 2.20 
Leading  edge weep, deg . . . . . . . . . . . . . . . . . 60 
True taper  ratio  (with cropped t i p s )  . . . . . . . . . , . . 0.03 
Incidence, deg . : . . . . . . . . . . .. . . * . .. . . .. . . . 0 
Dlhedral, deg . . . . . . . . . . . . . . . . . . . . . . . . 0 
Airfoil  section . . . . . . . . . . . . . . . . . . . .-NAC!A 0004-63 
Vertical  location (chord p b e  below modlent center, ft . . . 0.05 

-.  - . . . . . . . .. . 

.. .. -. 

Vertical ta i l  (basic  triangle  projected t o  body center line) 
Span,f t  . . . . . . . . . . . . . . . . . . . .  . . . . . .  0.91 
Area, a q f t  . . . . . . . . . . . . . . . . . . . . . . . . , 0.71. 
Exposed area above body, sq f t  . . . . . . . . . . . . . . , 0.37 
Aspect r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . 1.16 
Airfoil  aection . . . . . . . . . . . . . . . . . . . . NACA ooob-65 
Mean aerodynamic chord, %, f t  . . . . . . . . . . . . . . . 1.05 
Length (moment center t o  0.35 5%) ft . . . .. -. .. *. I. . . . 0.60. 

Length, fe . . . '. , . . . . . . . .. .. . . .. .. .. . . . 3.67 
Base area, . . . . . . . . . . . . . . . . . . . . . .  0.12 

Horizontal  location (aft of leading edge . o f  M.A.C.) . . . . . O.3OE 
A r e a , s q f t . .  . . . . . . . . . . . . . . . . . . . . . . 0.082 

BOW 
. .  

ft  M o m e n t  center on body center l ine) 

Ventral f in  . . .  

Mass data 

i 
Weight, Ib . . . . . . . . . . . . . . . . . . . . . . . . 23,000 
I ~ ,  sug/ f t2  . . . . . . . . . . . . . . . . . . . . . . 89,400 
rz, Smg/ft2 . . . . . . . . . . . . . . . . . . . 99,700 

0.76 ." 
i (Ix - Iy)/Iz . . . . . . . . . . . -. . . . . . . . . 0 -  . . .  . .. 

where Ix, I,, and Iz are moments of iner t ia  about the 

Aerodynamic data, moment center at 0.28 E 
~ principal &xes 

cma, per deg . . . . . . . . . . * . . . . . . . . . . . -0.0041 
~ Cnn . . . . . . . . . . . . . . . , . . . . . . . . (see fig.  13) 

r cmS . . . . . . . . . . . . . . . . . . . . . * . . . *  0 -1.8 
cn . . . . . . . . . . . . . . . . . . e  * . . . . . .  -0.14 

f 
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\ I  

Flgure 1.- The s tabi l i ty  system of axes is an orthogonal system of axes 

.3 ha-g i ts  orfgin at the center of gravity,  the Z &E in the  plane 
of symmetry and perpendicular t o  the  relative Kind, the X axis i n  
the  plane of synrmetry and perpendicular t o  the Z &xis, Etnd the Y 

positive  directions of forces and moments. 
.. - axis perpendicular t o   t he  plane of symmetry. Arrows indicate  the 
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Dimensions  in  inches 
unless  otherwise  specified A? F 20.82 
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Section A-A 

Figure 2. - Geometry of the model. 



A40880 
Figure 3. - The model mounted- in the wind tunnel. 



20 NACA RM A56RO6 

E 
.c 
.- 
.I 

8 
E 

*- ,i 1.00 " 

" - 
.008 

.004 

0 

.0004 

0 

"00 0 4 
-8 -4 0 4 8 I2 16 20 

B 
Figure 4.- The effects of several  ventral f i n s  on the yaxdng-moment coef- 

ficients of the model; M = 0.46, R = 4.9 m i l l i a n ,  a = 6', wing on. 
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0 for a=18  - 

0 for a=12 - 

0 for u = 6  - 
Cn 

Figure 5.- The 

B 

(EL) M = 0.25 

m i a t i o n  o? JTaKing-mament coefficient with angle of s i d  
sl ip;  wing on. 

.e - 
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0 for a=18 
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0 for a = 6  
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(b) M = 0.80 

Figure 5.- Continued. 
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Figure 5.- Continued. 
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(a) M = 0.94 

Figme 5 .- Concluded. 
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(a) M = 0.25 

Figure 6.- "he variation of yawing-moment coefficient with angle of side- 
slip; wing off.  
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(c) M = 0.90 

Figure 6.- Continued. 
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(a) M = 0.94 

Figure 6.-  Concluded. 
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0 for wing off - 

M = .94 
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Figure 7.- The increment of yawing-moment coefficient due to the addition 
of the ventral fin. 
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variation of directional 13tability with angle of side8lip 
a = 0, wing on, 
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Figure 9.- The variation of damping in yaw with -e of sideslip; a 
wing on. 
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P 
(a) M = 0.25 

Figure 10.- The variation of rolling-moment coefficient with &ngle of 
sideslip; wing on. 
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Figure 10.- ContFnued, 
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(c) M = 0.9 

Figure 10.- Continued. - 
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Figure 10 - Concluded. 
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Le variation of side-force coefficient with angle o 
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(b) pi = 0.80 

Figure u. - Continued. 
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Figure ll. - Continued. 
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Figure ILL.- Concluded 
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Figure u.- concludes. 
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- NACA RM ~ 5 6 ~ 0 6  

rnox 

&a IX 

Roll rate, deg /sec 

Figure 13.-  Several-asmkied variations of ya%ing-mame.& coefficient wLth 
sideslip and the corresponding  calculated  response to steady ro l l lng  of 
an airplane free-to p-itch esd to yaw; M = 0.80, altitude = h , O O O  ft. 
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